VOL. 1, NO. 2, FEBRUARY 1963

AJAA JOURNAL 443

Experimental Investigation of Heat Transfer Rates in Rocket

Thrust Chambers

ArveL B. Wirte! AND EpwARD Y. HARPER?
Jet Propulsion Laboratory, California Institute of Technology, Pasadena, Calif.

An experimental investigation was conducted to determine local values of heat flux in rocket

engine thrust chambers that incorporated convergent-divergent mnozzles of two different

- geometries. The largest nozzle expansion-area ratio investigated was 20 to 1. Chamber

pressures ranged from 100 to 300 psia at thrust levels between 1000 and 5000 1bf. The pro-

pellants used were nitrogen tetroxide (N2O4) and hydrazine (N.H;) at a nominal mixture ratio

of 1.0. Effects on Stanton number are shown for Reynolds number changes caused by varying
chamber pressure and by variations in diameter along the nozzles.

Nomenclature

b = radius of wall curvature, in.

C = constant

¢p = specific heat at constant pressure, Btu/lbm-°R

¢y = average specific heat across boundary layer (including
effects of chemical reaction), Btu/lbm-°R

¢* = characteristic velocity (p.4 *g.)/rh, Ips

D = diameter, in.

gc = gravitational constant, 32.2 lbm-ft/lbf-sec?

h; = enthalpy convective heat transfer coefficient hr/cy,
lbm/in.%-sec

hr = temperature convective heat transfer coefficient, Btu/
in.%-sec-°R

7 = enthalpy, Btu/lbm

I* = axial distanee from nozzle entrance to nozzle throat, in.

1z = axial distance from nozzle entrance to nozzle exit, in.

L* = characteristic combustion-chamber length, in.

P = pressure, psia

Pr = Prandtl number, dimensionless

q = heat flux, Btu/in.2-sec

r = mixture ratio, Moxidiser/Muel

R = radial coordinate, in.

Rep = Reynolds number based on diameter, dimensionless

8¢ = Stanton number, dimensionless

T = temperature, °R

U = velocity, fps

z = axial distance coordinate, in.

Y = ratio of specific heats

Ap = pressure difference, psi

€ = nozzle contraction-area ratio

£e = nozzle expansion-area ratio

m = viscosity, lbm/in.-see

p = density, lom /ft3

see Appendix

Superscripts and subscripts

c = constant-diameter combustion chamber
D = diameter

e = experimental

E = freestream edge of boundary layer
i = enthalpy

I0 = injector orifice

max = maximum

P = predicted

ref = reference temperature

s = static

SP = splash plate

T = temperature

w = wall

1-D = one-dimensional
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‘ KNOWLEDGE of the distribution of heat flux or heat

transfer coefficient is mandatory for the proper design
of rocket engine thrust chambers; consequently, some means
of predicting these quantities must be made available. Tt is
the objective of this experimental study to contribute to the
information, which hopefully will lead to an eventual under-
standing of the basic heat transfer phenomena that occur in
a rocket engine.

It is clearly evident that not only mass flow rate but also
several other complex interacting phenomena, such as radia-
tion, chemical reaction, turbulence, secondary flows, and
other flow nonuniformities, must influence the net heat trans-
fer to the wall of a rocket motor. Nevertheless, there is a
compelling desire, because of the inability to describe the
complicating phenomena, to attempt to relate at least the
axial variation of heat flux to the mean mass flow rate at each
axial station. Surprising, perhaps, is the fact that some
success has been achieved with such a correlation, e.g., the
results presented in Refs. 1 and 2.  The specific basis on which
the mean-flow-related convective heat transfer is predicted
is probably not very important because the differences in
various experimental results due to variable operating condi-
tions tend to exceed the differences in these specific
predictions.

One model on which such predictions have been made is
based on the fairly sound assumption that the convective
heat transfer in a rocket nozzle is related to the growth of
turbulent velocity and temperature boundary layers (1).3
A solution for the development of these boundary layers was
found through the use of the integral momentum and in-
tegral energy equations, which take into account the pressure
gradient. The resulting boundary layer thicknesses had
to be related to the heat transfer, however. Because of a
lack of knowledge of the effects of pressure gradient, it was
assumed that such effects were confined to the development
of the boundary layer, and that the usual flat-plate, skin-
friction law (based on the local boundary layer thickness) and
a slightly modified flat-plate Reynolds analogy would give
reasonable results. Somewhat later, in order to avoid lengthy
boundary layer ealculations, a simple closed-form approxima-
tion to these results was developed for a restricted class of
nozzle configurations (2) by using the local nozzle diameter
as a nondimensionalizing length parameter. The choice of
diameter was quite appropriate, since the boundary layer
thickness varies in fairly systematic relation to the local
diameter throughout a nozzle. The resulting equation, ex-

m in parentheses indicate References at end of paper-
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NOZZLE ;
ENTRANCE PLANE 7
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£, b £* R £,
1.64 to 1 3.90 2.880 1.950 10.384
25t01 3.160 3.411 1.580 7.230
4tol 2.500 3.312 1.250 7.050
8tol 1.42 3.66 0.884 7.50

Fig. 1 Nozzle configurations

pressed for convenience in terms of rocket engine operating
parameters, appears as Eq. [Al] in the Appendix. When
reduced to its equivalent nondimensional form using con-
ventional nondimensional parameters, the equation is

St Pro¢ = C Rep™-2 (1]

That Eq. [1] is in exactly the same form as the familiar pipe-
flow heat transfer correlation equation is not surprising inas-
much as 1) direct use is made of the same basic skin-friction
law (Blasius) and of essentially the same relation between
skin friction and heat transfer (slightly modified Reynolds
analogy), and 2) local diameter is used as the nondimension-
alizing parameter. Obviously, to account for the more
drastic effects of thin boundary layers at a nozzle entrance
or for radical changes in nozzle configurations, the simple
closed-form approximation cannot work, and one must resort
to solving for the actual boundary layer development. In
many cases, however, it would appear that the effects of axial
boundary layer variations on nozzle convective heat transfer
are overshadowed by axial variations in mean mass flux.
It is not clear even now, however, that the influence of axial
variations of mean mass flux (or equivalently, pressure gradi-
ent) is properly accounted for in the assumed skin-friction
law and analogy. Certainly, there is little fundamental in-
formation available which would either validate the approach
or suggest an alternative. The results presented herein,
although influenced by combustion effects, suggest that the
effects of pressure gradient require further study.

The purpose of this investigation was to extend the initial
nozzle heat transfer results reporfed in Refs. 3 and 4, with
special attention to important areas of general interest not
covered in those references. In particular, additional in-
formation was desired concerning 1) values of heat flux at
intermediate contraction-area ratios and at supersonic area
ratios between 4 to 1 and 20 to 1, 2) local rather than semi-
local values of heat flux, and 3) a comparison of the results
of 1 and 2 with Eq. [A1]. In addition, it was considered
desirable to correlate the results of the two investigations in
nondimensional form in order to clarify the relationship be-
tween chamber pressure and convective nozzle heat transfer
alluded to in Refs. 3 and 4.

Heat fluxes were determined experimentally in a 2.5-to-1
contraction-area ratic water-cooled nozzle by calorimetry
and in a 1.64-to-1 contraction-area ratio uncooled nozzle by
transient wall-temperature measurements. Thrust ranged
from 1000 to 5000 1bf as chamber pressure was varied be-
tween 100 and 300 psia. A splash-plate (Enzian) type of
injector was used with nitrogen tetroxide (N»Os) and hy-
drazine (N,H.) as propellants operating at a mixture ratio of
1.0. The 2.5-to-1 nozzle was constructed with axially short,
circumferential cooling passages that provided semilocal
heat-flux results determined by calorimetry. It had an ex-
pansion-area ratio of 20 to 1. The 1.64-to-1 nozzle was

AIAA JOURNAL

instrumented with wall thermocouples that provided bound-
ary conditions used in solving the transient heat conduction
equation for radial temperature distribution as a function of
time. It had an expansion-area ratio of 3.78 to 1.

For the present investigation, radiant heat exchange be-
tween the products of combustion and the wall is estimated
to be of an order of magnitude less than that due to convec-
tion; hence, radiation effects are neglected in the predicted
values. The experimental measurements, however, include
both effects, since no effort was made to distinguish between
them. '

Experimental Apparatus

A nitrogen-pressurized bipropellant flow system, the thrust
stand on which the engine was mounted, and the electrical
and pneumatic system with which the entire system was con-
trolled and performance was measured (described in detail
in Refs. 3 and 4) were used in conducting all tests. Several
systems changes that are mentioned here briefly were made
subsequent to the tests reported in Refs. 3 and 4. Pro-
pellant flow rates were controlled by cavitating venturis and
measured with turbine flow meters. Two Photocon pressure
transducers were installed flush with the -inner surface of the
chamber in order to measure the combustion pressure oscilla~
tions. A digital recording system was used in conjunction
with the standard recording instrumentation.

Each thrust chamber consisted of an injector, a 5.0-in.
constant-diameter combustion chamber, and a convergent-
divergent nozzle. Changes in L* were made by changing
combustion chamber length. Nozzle geometries are given
in Fig. 1. The tests were made with the eight-orifice pair
splash-plate (Enzian) injector described in Refs. 3 and 4.
Both uncooled and water-cooled chambers and nozzles were
used.

A 1.64-to-1 contraction-area ratio,* uncooled, heat-sink
type of nozzle rated at 5000-1b thrust at 300-psia chamber
pressure was fabricated from type 1020 steel. This nozzle
had the same inner contour as the 1.64-to-1 water-cooled
nozzle described in Refs. 3 and 4. Two chromel-alumel
wall thermocouples were installed on a line perpendicular to
the gas-side surface at each of 17 positions in the nozzle. Ref.
7 describes in detail the fabrication and installation of the
thermocouples.

The 2.5-to-1 nozzle nominally rated at 3300-1b thrust at
300-psia. chamber pressure had an expansion-area ratio of
2.5 to 1. This nozzle employed axially short, circumferential
coolant passages formed by a 0.075-in.-thick copper liner
with integral stiffening rings and a polyester plastic outer
casing similar to the plastic-cased 1.64-to-1 nozzle described
in Ref. 8. Steady-state semilocal heat transfer rates were
determined by a calorimetric method deseribed in the next
section. A water-cooled conical extension was attached to
the exit end of this nozzle during the test program, which
provided an expansion-area ratio of 20 to 1. This extension
had a polyester outer casing and a 0.050-in.-thick type 347
stainless-steel liner and was similar in construction to the
2.5-to-1 nozzle. Steady-state semilocal heat transfer rates
were determined by calorimetry.

A straight constant-diameter diffuser was used to permit
sea-level testing of this nozzle at a chamber pressure near 300
psia. The diffuser had an L/D of 10 and an inside diameter
of 13 in. TIts design was based on considerations given in
Ref. 6.

Heat-Flux Measurements
The two thermocouples in each plug of the uncooled nozzle
provided the two temperature-time boundary conditions

+ Henceforth, the phrase “contraction-area ratio’” will be im-
plied for nozzle designation.
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used in solving the variable-property one-dimensional heat
conduction equation in cylindrical coordinates for the wall
temperature distribution as a function of time and radial
distance. The heat conduction equation was written as a
finite-difference equation and solved by numerical methods
on an IBM 7090 computer. Ideally, the inner boundary
condition would have been located at the gas-side surface
-so that Fourier’s equation could have been evaluated directly
for the heat flux. However, the thermocouple plug used
an imbedded thermocouple that was nominally 0.020 in. from
the gas-side wall surface. A fifth-order polynomial that
fitted the temperature distribution between thermocouple
boundary conditions was extrapolated to the gas-side wall
where Fourier’s equation was evaluated for the wall heat
flux.

Fig. 2 shows a typical variation of experimental heat flux
with wall temperature for a transient thermocouple plug in
the uncooled nozzle. The severe oscillations that appear
during the first 0.8 scc for the eight lowest wall temperature
points are the combined effect of the combustion starting
transient, the initial poor fit, and the consequent inaccurate
extrapolation of the temperature distribution to the surface.
All computer results taken from the region in which oscilla-
tions occurred were obtained by linear extrapolation from the
region in which the oscillations were not pronounced.

Ref. 7 includes an analytical and experimental investiga-
tion of the transient wall temperature measurement technique
for deducing heat flux in rocket engines. Included in Ref. 7
is the computer program, a study of computer response to
various time and radial increments, as well as known tem-
perature inputs and thermocouple positions.

Steady-state semilocal heat transfer rates were determined
by calorimetry in circumferential, short axial coolant passages
in the 2.5-to-1 nozzle, chamber, and water-cooled extension.
Water flow rates and temperature rises were measured by
cavitating venturis and chromel-constantan thermocouples,
respectively. Steady values of thermocouple temperature
were observed within 4 sec after ignition. Since the duration
of all calorimetric tests was between 7 and 15 sec, all calori-
metric heat fluxes reported were considered to be steady-
state values. Heat fluxes were calculated by the product of

-.water flow rate, temperature rise, and specific heat, divided
by the heat transfer surface area.

Experimental Results

Performance

Characteristic velocity ¢*, an important engine performance
parameter used in nozzle heat transfer calculations, was deter-
mined for each test from measurements of propellant flow rate
and chamber pressure. Static-pressure measurements made
at the entrance to the nozzle were converted to stagnation
values using ¥y = 1.22 and the subsonic Mach number corre-
sponding to the nozzle contraction-area ratio. The experi-
mental range of chamber pressure, characteristic velocity, and
mixture ratio is shown in Table 1 for each test series. Ex-
perimental values of ¢* for the eight-orifice pair splash-plate
injector ranged between 88.9 and 94.5%, of the theoretical
¢*, which is 5800 fps at r = 1.0 (8). The higher values of
¢* generally occurred at the higher L* values. Nearly identi-
cal results were observed also for similar tests in Refs. 3 and
4. Mixture ratio was maintained at 1.00 == 39, for all tests.
No severe combustion instability was observed on the Photo-
con pressure-transducer records.

The experimental results of this investigation are presented
in two fundamentally different ways. First, the axial dis-
tribution of heat flux for a representative number of tests
covering the chamber pressure range for both the 1.64-to-1
and 2.5-to-1 nozzle is shown to permit full visualization of the
trends and repeatability of the results. Second, all the
results are compared on Stanton number-Reynolds number
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Fig. 2 Heat flux as a function of gas-side wall temperature for
the uncooled 1.64-to-1 nozzle

curves as a first step in limited generalization of. the results

of several thrust chamber -configurations. Comparisons
are also made ‘between the experimental results ‘and the
method “of predicting heat transfer coefficients in-rocket
nozzles by use of Eq. [Al]. Calculations of enthalpy heat
transfer coefficient, Reynolds number, and Stanton number
areincluded in the Appendix.

~" Figs. 3 and 4 show the axial distribution of heat flux ob-

“tained by the transient technique for the uncooled 1.64-to-1

nozzle at low and intermediate chamber pressures for four
“A’" series tests indicated in Table 1. Also shown in Figs.
3 and" 4 ‘are"the values of experimental to predicted (Eq.
[A3] enthalpy hedt-transfer-coefficient ratio, hi,/hip, vs length.
The average ‘“‘stepwise” values of heat flux included in these
figures are results obtained with the water-cooled nozzle
that had the same inner contour. The uncooled nozzle data
are at the same wall temperature attained during the cooled
tests. The heat flux calculated by use of Eq. [Al], based on
the experimental ¢* and p, for the uncooled-nozzle tests, is
shown also. Comparison of the scatter in the uncooled heat-
flux results of Figs. 3 and 4 indicates that more scatter exists
at higher chamber pressure. - This is believed to be due, at
least in part, to the faster wall temperature rise at higher
pressure which provides fewer temperature-time data points
for the calculation of heat flux. Some of the thermocouples
were damaged during the tests; the results obtained from
these are not shown.

It is believed that the differences between the uncooled
and water-cooled nozzle heat fluxes in the contraction and
throat regions are due in part to differences in the gas flow
from test to test caused by the combustion process. Differ-
ences may arise also between the uncooled and water-cooled
nozzle results, because point values of heat flux are obtained
in the former case, whereas semilocal, circumferentially
averaged values of heat flux are obtained in the latter. The
results of both the uncooled and water-cooled nozzles indi-
cate trends similar to those observed and reported in Refs.
3and 4.

The good agreement of the uncooled and water-cooled
nozzle results in the expansion region, where circumferential
variations of heat flux are believed to be very small, indicates
that the transient wall-thermocouple measurement technique
of determining local heat flux is valid.

Figs. 5-7 show the axial distribution of semilocal heat flux
obtained by calorimetry with the 2.5-to-1 water-cooled nozzle
for five tests ranging between 100- and 300-psia chamber
pressure. As before, the lower half of each figure shows the
enthalpy heat transfer coefficient ratio k:,/h,.

This ratio has not been calculated in the combustion-
chamber region, where the application of the uniform-flow
convection heat transfer equation (Eq. [A1]) has the least
rational basis. Only the higher-performance test-series re-
sults of 36-in. L*, rather than the lower-performance results
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of 18-in. L*, are shown. The effect of increasing L* from 18
to 36 in. on nozzle heat flux at 100- and 150-psia chamber
pressure was to reduce the magnitude of the heat flux level
by approximately 8%. This result, however, was not ob-
served conclusively at the higher chamber pressures. Eq.
[A1] yields an increase of heat flux with the larger L*, solely
because of the higher ¢* obtained at that condition. The
opposing trends of predicted and experimental values of heat
flux lead to the conclusion that proximity to regions of strong
flow recirculation and turbulence promotes deviations from
the anticipated convection heat transfer rates. In addition,
it is believed that the thinner boundary layer resulting from
the shorter chamber of 18-in. L* contributes to the observed
trends.
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Fig. 3 Nozzle contour, heat flux, and enthalpy heat transfer
coefficient ratio as a function of axial distance for the 1.64-to-1
nozzle at low chamber pressures

The comparatively high values of heat flux observed at a
few locations in the expansion regions (Figs. 6 and 7) were the
result of partial restrictions in cavitating venturis caused by
flakes of rust which occasionally entered the system.

For the results shown in Figs. 6 and 7, the 20-to-1 water-
cooled extension was attached to the straight constant-
diameter diffuser, which maintained an exit pressure p, of
approximately 4 psia. Calculations using the flow-separation
data presented in Ref. 9 indicated that separation occurred
at or very near the coolant passage adjacent to the diffuser
in tests 6141 and 6142 of Fig. 6. It is believed that the ex-
tended nozzle flowed full in test 6143 of Fig. 7.
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Fig. 4 Heat flux and enthalpy heat transfer coefficient ratio as a
function of axial distance for the 1.64-to-1 nozzle at intermediate
chamber pressures

For convenience, stagnation enthalpy rather than recovery
enthalpy (10) was used to compute the predicted heat fiux.
Had recovery enthalpy been used, the predicted heat flux
would have been reduced approximately 19 in the throat
and 79, at the nozzle exit.

Figs. 8-16 show the experimental results in terms of the
Stanton, Prandtl, and Reynolds numbers, usually considered
to be the dominant variables in convective heat transfer.
Fig. 8 shows results for the 2.5-to-1 nozzle at chamber pres-
sures of 208 and 301 psia, in which the Reynolds number
variation is caused primarily by the change of local diameter
along the nozzle. The flow is treated as being one-dimen-
sional; consequently, the maximum Reynolds number is
represented at the throat. If two-dimensional effects had
been taken into account, the maximum Reynolds number,
based on the static pressure at the wall, would have been
found to occur somewhat upstream of the throat. The
straight line appearing in all of these figures represents Eq.
[1], in which the constant C = 0.026. The freestream value
of the Prandt! number was calculated from the Euken approxi-
mation (11) to be nearly 0.82 for all the tests. The changing
shapes of the experimental curves in Fig. 8 are a consequence
of the fact that the rate of change of Stanton number with
chamber pressure is different at different axial locations in the
nozzle. To demonstrate this fact, the experimental Stanton
number is presented in Figs. 9-16 as a function of the one-
dimensional Reynolds number at given values of area ratio
for the 1.64-to-1 uncooled and 2.5-to-1 water-cooled nozzles
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of Fig. 1 and also the 4-to-1 and 8-to-1 nozzles of Refs. 3 and
4. TFigs. 9-12 present the results of the subsonic portions of
the four nozzles, whereas Figs. 13-16 show results in the
supersonic portions of the same nozzles. In these figures, the
increase in Reynolds number is caused by a change in chamber
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Fig. 6 Heat flux and enthalpy heat transfer coefficient ratio as a
function of axial distance for the 2.5-to-1 nozzle at intermediate
chamber pressures
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pressure. The method used for calculating the Stanton and
Reynolds numbers is explained in the Appendix. The re-
sults of the uncooled tests, determined by the transient tech-
nique for the 1.64-to-1 nozzle, are presented in Figs.-9 and
13 at a wall temperature of 1360°R. This relatively high
temperature was chosen in order to avoid the oscillations in-
herent in the computer solution at lower wall temperatures
(see Fig. 2). Because of space limitations of this paper, not
all experimental results at intermediate area ratio positions
to those shown in Figs. 9-16 could be included; however, all
results are given in Ref. 5. For all cases in which significant
differences in slope or magnitude of the results exist between
the positions shown, the results obtained at intermediate
positions exhibited smooth transitions.

The notable trend in the subsonic portion of the nozzles is
the progressive increase in the slope of the experimental curves
along the flow direction up to but not including the throat in
all nozzles. Eq. [1] predicts an increase of heat flux with
mass flux to the 0.8 power, However, the experimental re-
sults indicate that, for the test conditions, this power is
generally too large in the entrance region and too small in the
throat region. It is possible that these trends were caused by
the particular injector used for all tests. However, the 8-to-1
nozzle was tested with chamber lengths of 3 and 6 in., whereas
the 4-to-1 nozzle was tested with chamber lengths of 4 and
8 in. over the same range of pressures, and the trend discussed
previously remained equally evident. Either the effects of
the injection and combustion processes were not sufficiently
damped out by the increases in chamber length to affect the
trends, or these trends resulted from other factors not taken
into account. The slopes of the experimental curves appear
to be nearly constant at large subsonic area ratios. Some
of the results at small subsonic area ratios, however, appear
to have a variable slope.

The results in the supersonic regions shown in Figs. 13-16
exhibit a trend similar to the subsonic results, in that the
slopes of the experimental curves have maxima near the
throat and decrease with increasing area ratio, that is, in the
flow direction. The results, however, do not appear to have
a constant slope at a given area ratio as they do in most of
the subsonie region.
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Fig. 7 Heat flux and enthalpy heat transfer coefficient ratio as a
function of axial distance for the 2.5~to-1 nozzle at a high chamber
pressure
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Table 1 Engine components and operating conditions

Doy c*, L*, Injector L., D, D*, Number of
Test series psia fps r in. type Apro Apsp in.  in, € in. € tests
A 97t0246 5300 0.983 17 8-pair 0.5p. 0.30p. 8 500 1.64tol 3.90 3.78to1l 13
5379 Enzian
B 97t0246 5269 0.977 18 8-pair 0.5p. 0.23p. 5 5.00 2.5to1 3.160 2.5to1% 8
5173 (.988 Enzian :
C 100 to 301 5458 0.990 36 8-pair 6.5p. 0.23p, 12 5.00 2.5tol 3.160 2.5to 1% 9
5398 0.990 Enzian
a At chamber pressures above 150 psia, e¢ = 20 to 1; that is, the water-cooled extension was attached to the nozzle for these tests.
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Before attempting to explain the experimental results, it
was considered necessary to determine the comparative effect
on the Stanton and Reynolds numbers of the one-dimensional
mass flow per unit arvea (pw):.p and the local (pu)z, where
(pu) g is defined at the freestream edge of the boundary layer
and arises because of the two-dimensional nature of the flow
in an axisymmetric nozzle.

The local values of (pu)z for the 1.64-to-1 nozzle were
determined experimentally in a smaller but geometrically
similar nozzle using air at approximately 60°F and stagna-
tion pressures between 40 and 78 psia. This provided the
same range of Reynolds numbers encountered in the rocket
tests, but there was essentially no heat transfer. Static-
pressure measurements were made axially along the nozzle
wall, and density and velocity were calculated using the
isentropic flow relation and the perfect-gas equation of state
without reference to the area ratios at which the pressure
measurements were made. It was assumed that static
pressure does not vary across the boundary layer, which
was thin compared to the nozzle radius. In Fig. 17, the
ratio of (pu)z to (pu)ip is plotted as a function of area ratio
for three flow rates. The three curves are identified by the
Reynolds numbers at the nozzle throat. The pu ratio essen-

Fig. 10 Stanton number-Reynolds number results at given
values of subsonic area ratio for the 2.5-to-1 nozzle; Pr = 0.82,
* = 35.8in. ‘

tially was found to be independent of Reynolds number at
any given area ratio. This means that the effect of using
(pu) g in the Stanton and Reynolds numbers (Figs. 9-16) would
be a translation of the results with respect to the coordinate
axes but not a change of slope at a given area ratio. Thus,
the trends discussed previously remain essentially unaffected
by the substitution of (pu)g for (pu)i.p. The shape of the
Stanton number-Reynolds number curve along the nozzle,
shown in Fig. 8, would be affected by such a substitution,
but most of the points on the curve would be changed by less
than 109, shifting the curves up and to the left when (pu)z/
{pw)1-p < 1 and down and to the right when (pu)g/(pw):-p > 1.

The differences between Eq. [1] and the experimental re-
sults, in particular the rate of change of Stanton number with
Reynolds number at a given area ratio, were believed to be
either characteristic of the injector used or due to the large
favorable pressure gradients that prevailed during the tests.
Eq. [1]is based on Reynolds analogy and experimental values
of skin-friction coefficient obtained in the absence of a pres-
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Fig. 12 Stanton number-Reynolds number results at given
values of subsonic area ratio for the 8-to-1 nozzle; Pr = 0.82,
L* = 63 in.

sure gradient. The greatest differences between Eq. [1]
and the experimental results occurred near the nozzle throat,
where the pressure gradient varied between 75 and 225 Ibf/
in.2/in. of length. This suggests that large favorable pres-
sure gradients may invalidate Reynolds analogy or that such
gradients affect the skin friction coefficient.

A nozzle heat transfer study that is free from injection and
combustion effects and that has as an objective the deter-
mination of the pressure gradient effect on convective heat
transfer is currently in progress at the Jet Propulsion Labora-
tory (12). The limited results obtained so far indicate that
pressure gradient may be an important variable in purely
convective heat transfer beyond those predicted by boundary
layer development.

As a consequence of the suggested effect of pressure gradi-
ent, the general agreement with Eq. [1] and the experimental
results, shown in Figs. 3-7, cannot be regarded as confirma-
tion of the equation. Figs. 9-16 indicate that this relatively
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Fig. 13 Stanton number-Reynolds number results at given
values of supersonic area ratio for the 1.64-to-1 nozzle; Pr =
0.82, L* = 17 in.
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Fig. 14 Stanton number-Reynolds number results at given
values of supersonic area ratio for the 2.5-to-1 nozzle; Pr =
0.82, L* = 35.8 in.
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Fig. 15 Stanton number-Reynolds number results at given
values of supersonic area ratio for the 4-to-1 nozzle; Pr = 0.82,
L* = 24 in.

good agreement may be due to the test conditions, particu-
larly the range of chamber pressures.

- Coneclusions

Evaluation of the experimental results derived from this
investigation and the study of Refs. 3 and 4 have established
the following conclusions:

1) In the subsonic region, nozzle heat-flux levels are gen-
erally higher and, in the supersonic region, more nearly equal
to or somewhat lower than values predicted by a relation
similar to the turbulent pipe-flow equation. The heat
fluxes in the expansion region from area ratios 4:1 to 20:1
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Fig. 16 Stanton number-Reynolds number results at given
values of supersonic area ratio for the 8-to-1 nozzle; Pr = 0.82,
L* = 63 in.

were lower than the predicted values throughout the chamber-
pressure range investigated.

2) Heat fluxes substantially higher than predicted are en-
countered just upstream of the throat. Deviations appear
to be related to the chamber pressure, which suggests that
pressure gradient may be an important variable in convective
nozzle heat transfer with greater influence than predicted by
boundary layer development.

3) There are similar trends in the subsonic regions of the
two nozzles inyestigated and those of Refs. 3 and 4. When
Stanton number-Reynolds number relationships are con-
sidered at fixed locations in a nozzle, allowing Reynolds
number to change as a result of varying chamber pressure,
the slopes of the experimental curves change progressively
from the nozzle inlet to a region just upstream of the throat.
Furthermore, the heat-transfer coefficient does not vary
with mass flux to the 0.8 power in this region, as predicted
by the convective turbulent pipe-flow equation but rather
to a smaller power. In the throat region, a power larger
than the 0.8 power appears to be required. In the supersonic
region, however, the experimental curves do not appear to
be straight lines on log-log coordinates as they are in the
subsonic region.

4) For the curves discussed in item 3, it was found that
substitution of local two-dimensional (pu)z for one-dimen-
sional (pu):.p resulted in a translation of the curves with
respect to the coordinate axes which affected the values of
Stanton and Reynolds numbers by less than 109,. However,
the slopes of the Stanton number-Reynolds number curves
at given area ratios were not influenced by two-dimensional
effects.
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Fig. 17 Ratio of local to one-dimensional mass flow per unit
area as a function of area ratio for the 1.64-to-1 nozzle
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5) The transient wall-temperature technique of deter-
mining local heat fluxes in an uncooled nozzle was found to
be reliable, and the results were in agreement with those of
the calorimetric technique.

Appendix

The prediction for the heat transfer coefficient in rocket
engines developed by Bartz (2) is given as

0.026 ;4“'20,, Pefe 08 /D*\o.1 A*\o.9
hr, = [(T)*)“ <Pr°-6 o b* A o [Al]
At given test conditions, only area ratio and o affect h.
The parameter o accounts for property variations across the

boundary layer, caused by temperature variations. It is
expressed as

g = (pref/Ps)o'g(”ref/#O)o‘% [Azl

An expression for the reference temperature is given below.

In Ref. 13, it was suggested that the effect of chemical
reaction across the turbulent boundary layer could be ac-
counted for by combining the nonreactive enthalpy heat
transfer coefficient, defined as

hi = hT/EP [A3]

with the reactive enthalpy driving potential as -
g = hi{ie’ — 1.") [A4]

The reactive enthalpy potential developed for rocket nozzle
flow in the Appendix of Ref. 3 is used for equilibrium combus-
tion produets and no dissociated species at the wall, since it
comprises both sensible and chemical enthalpy differences
between the freestream and the wall conditions. By employ-
ing Eq. [A1], which was used for comparison in the section
on experimental results, the enthalpy heat transfer coefficient
h: can be calculated explicitly without assigning a value for
Gy, since h; = h,/c,. A nonreactive ¢, is assumed in the
evaluation of the Prandtl number.

Experimental enthalpy heat transfer coefficient h;, was
calculated by Eq. [A4] using the measured values of wall heat
flux and the experimental value of enthalpy driving potential
which, at constant mixture ratio, is a function of ¢* and wall
temperature only (Appendix of Ref. 3). In the section on
experimental results, results of the ratio of experimental to
predicted enthalpy heat transfer coefficients h;,/%:, are shown
for the 1.64-to-1 uncooled nozzle and the 2.5-to-1 water-
cooled nozzle. Experimentally, a local comparison of this
ratio can be made for the uncooled nozzle, where local g, is ob-
tained; however, for the 2.5-to-1 nozzle, an average h;, is ob-
tained over the coolant-passage width. Hence, h;, should be
averaged for a meaningful comparison. It was found that
hi, based on the average area ratio across the width of a
coolant passage provided a good approximation to the average
ks, calculated by use of Eq. [Al]. An average h;, was calcu-
lated for all water-cooled nozzle tests in this manner using
the average area ratio.

The Stanton number used in the section on experimental
results of the text was defined for chemically reacting flows as

R A

St =
(pres)1-p
By using the definition of #;in Eq. [A3],
St = hi/(prestt)i-p [A5]

where p:¢ is the gas density evaluated at the reference tem-
perature. The reference temperature (10) may be computed
by

Tret = 0.5(T, + To) + 0.22 Pr13 (Ty — T)  [A6]



FEBRUARY 1963

The Prandtl number Pr = 0.82, which, for the given test
conditions, may be assumed a constant.
Reynolds number is given as

ReDref = (PrerD/,uref)l-D
where g, the dynamic viscosity, was estimated by
= 2.54 (1078) X T(0.6:es) Ibm/sec-in.

for diatomic molecules (14). For the water-cooled nozzles,
average heat flux is obtained, and D, T, u, ete., are based
on the average area ratio between coolant-passage ribs.
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